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Supersonic nonlinear vibrations of a traditional composite panel impregnated with prestrained shape memory
alloy fibers and subjected to combined aerodynamic, thermal, and random acoustic loads are investigated. A
nonlinear finite element model is developed using the first-order shear-deformable plate theory, von Karman strain-
displacement relations, and the principle of virtual work. The aerodynamic pressure is modeled using the quasi-
steady first-order piston theory. Thermal load is assumed to be steady-state constant temperature distribution, and
the acoustic excitation is considered to be a white-Gaussian random pressure with zero mean and uniform magnitude
over the panel surface. Nonlinear temperature-dependence of material properties is considered in the formulation.
The dynamic nonlinear equations of motion are transformed to modal coordinates to reduce the computational
efforts. The Newton—Raphson iteration method is employed to obtain the dynamic response at each time step of the
Newmark numerical integration scheme. Finally, the nonlinear response of a shape memory alloy hybrid composite
panel is presented, illustrating the effect of shape memory alloy fiber embeddings, aerodynamic pressure, sound
pressure level, and temperature rise on the panel response.

L

HIN plates are acommonly used form of structural components,

especially in aerospace vehicles, such as high-speed aircraft,
rockets, and spacecraft, which are subjected to aerodynamic loads,
thermal loads due to aerodynamic and/or solar radiation heating, and
random acoustic loads due to engine and/or aerodynamic transonic
noise. This results in temperature and pressure distributions over the
panel surface. The presence of these thermal and pressure fields
results in a flutter motion at a lower aerodynamic pressure, or a larger
flutter limit-cycle amplitude at the same aerodynamic pressure. In
addition, a high-temperature rise may cause large thermal deflections
(thermal buckling) of the skin panels, which could affect flutter
response. Accordingly, it is important to consider the interactive
effect of aerodynamic, thermal, and random acoustic loads.

Panel flutter is a phenomenon that is usually accompanied by
temperature elevation on the outer skin of high-speed air vehicles.
Panel flutter is a self-excited oscillation of a plate or shell in
supersonic flow. Because of aerodynamic pressure forces on the
panel, two eigenmodes of the structure merge and lead to this
dynamic instability. Panel flutter differs from wing flutter only in that
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the aerodynamic force resulting from the air flow acts only on one
side of the panel. Most flutter analyses can be placed in one of
four categories based on the structural and aerodynamic theories
employed: 1) linear structural theory; quasi-steady aerodynamic
theory, 2) linear structural theory; full linearized (inviscid, potential)
aerodynamic theory, 3) nonlinear structural theory; quasi-steady
aerodynamic theory, or 4) nonlinear structural theory; linearized
(inviscid, potential) aerodynamic theory. Analyses of the first type
have two major weaknesses: a) it does not account for structural
nonlinearities, hence it can only determine the flutter boundary and
can give no information about the flutter amplitudes, and b) the use of
quasi-steady aerodynamics neglects the three-dimensionality and
unsteadiness of the flow, hence it cannot be used in the transonic
region where the flutter is most likely to occur. Analyses of the
second type are intended to remedy weakness b, but this type still has
weakness a. The third type remedies weakness a, but still possesses
weakness b. The fourth type remedies both weakness a and b [1].
Mei et al. [2] provided a review on the various analytical methods
and experimental results of supersonic and hypersonic panel flutter.
An eigenvalue solution was developed by Dixon and Mei [3] for the
nonlinear flutter analysis of thin composite panels using a linearized
updated mode with nonlinear time function approximation. Xue and
Mei [4] presented an incremental finite element frequency-domain
solution for the nonlinear flutter response of thin isotropic panels
under combined thermal and aerodynamic loads. Liaw [5] studied
the nonlinear supersonic flutter of thin laminated composite plate
structures subjected to thermal loads. Abdel-Motagaly et al. [6]
investigated the effect of flow direction on the flutter limit-cycle
amplitude of thick composite panels.

The surface panels of advanced high-speed aircraft and spacecraft
may exhibit large random vibration under high acoustic loads, and
may possibly experience both random vibration and aerodynamic
flutter at elevated temperatures. Both of these effects are nonlinear in
nature, and their combined response can lead to difficulties in the
prediction fatigue life. A literature review on the nonlinear response
and sonic fatigue of surface panels was presented by Vaicaitis [7].
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Experiments were performed to study thermally loaded panels under
random excitation by Istenes et al. [8], Ng and Clevenson [9], and
Murphy et al. [10], where a snap-through phenomenon and fre-
quency shifting due to nonlinear large-amplitude vibration were
observed. Kavallieratos and Vaicaitis [11] studied the nonlinear
response of composite skin panels of high-speed aircraft. Locke [12]
investigated the large deflection random vibration of a thermally
buckled thin isotropic plate, using the method of equivalent line-
arization, while assuming temperature-independent material prop-
erties. The finite element numerical integration was adopted by
Abdel-Motagaly et al. [13] to study the nonlinear panel response
under combined aerodynamic and acoustic loads. They did not
take into account the effect of elevated temperatures on the panel
response. Dhainaut et al. [14] presented a finite element formulation
for the prediction of nonlinear random response of thin isotropic
and composite panels subjected to the simultaneous action of high
acoustic loads and elevated temperatures.

Shape memory alloys (SMAs) refer to a group of materials which
have the ability to return to a predetermined shape when heated.
The shape memory effect is caused by a temperature-dependent
crystalline structure. When an SMA is below its phase-transfor-
mation temperature, it possesses a low yield strength crystallography
referred to as martensite. While in this state, the material can be
deformed into other shapes with relatively little force. The new shape
is retained provided the material is kept below its transformation
temperature. When heated above this temperature, the material
reverts to its parent structure known as austenite, causing it to return
to its original shape. During the shape recovery process, a large
tensile recovery stress occurs if the SMA is restrained. Both the
recovery stresses and Young’s modulus of SMA exhibit highly
nonlinear temperature-dependent properties. Birman [15] presented
a comprehensive review on the literature concerning SMA up to
1997. Jia and Rogers [16] formulated a mechanical model for
composite plates with embedded shape memory alloy fibers using
the micromechanical behavior of the highly nonlinear shape memory
alloy. Tawfik et al. [17] proposed a novel concept in enhancing the
thermal buckling and aeroelastic behavior of plates through
embedding SMA fibers in it. Park et al. [18] adopted the incremental
finite element procedure presented in [17] to study the effect of SMA
fiber embeddings on the nonlinear vibration behavior of thick,
thermally buckled composite plates. Gilat and Aboudi [19] derived
micromechanically established constitutive equations for unidirec-
tional composites with shape memory alloy fibers embedded in
polymeric metallic matrices. These equations were subsequently
employed to analyze the nonlinear behavior of infinitely wide com-
posite plates that are subject to sudden application of thermal
loading. Ibrahim et al. [20] developed a frequency-domain solution
for predicting the critical aerodynamic pressures of shape memory
alloy hybrid composite (SMAHC) panels at elevated temperatures.
Guo et al. [21] investigated the large-amplitude nonlinear flutter
of thin SMAHC panels with arbitrary supersonic yawed angle and
elevated temperatures. Ibrahim et al. [22] presented a finite element
formulation to investigate the nonlinear random response of thick
composite plates impregnated with prestrained SMA fibers subject
to thermal and random acoustic loads. However, to the best of
authors’ knowledge, the combined effect of aerodynamic, thermal,
and acoustic loads on the supersonic nonlinear vibration behavior
of SMAHC panels has not yet been accomplished in the literature.
As the use of SMAHC panels is expected to increase, it is worth
investigating the nonlinear response of such panels under combined
aerodynamic, thermal, and random acoustic loads.

This paper is an extension of the work presented by Ibrahim et al.
[22]. A time-domain solution is presented for the supersonic non-
linear vibration behavior of clamped SMAHC panels under
combined aerodynamic, thermal, and random acoustic loads. A non-
linear finite element model is provided based on the first-order
shear plate theory with von Kdrmédn geometric nonlinearity and the
principle of virtual work. The first-order piston theory is adopted to
model aerodynamic pressures induced by supersonic airflows. The
thermal load is assumed to be steady-state constant temperature
distribution, and the acoustic excitation is considered to be a

stationary white-Gaussian random pressure with zero mean and
uniform magnitude over the plate surface. Nonlinear temperature-
dependence of material properties is considered in the formulation.
The governing equations are transformed to modal coordinates to
reduce the computational efforts. The Newton—Raphson iteration
method is employed to obtain the dynamic response at each time step
of the Newmark numerical integration scheme. Finally, numerical
results are provided to study the effects of SMA fiber embeddings,
aerodynamic pressure, temperature rise, and random acoustic load on
the panel response.

II. Finite Element Formulation
A. Nonlinear Strain-Displacement Relations

The nodal degrees-of-freedom vector of a nine-noded rectangular
element, shown in Fig. 1, can be written as

{w,}
10} = twp}, 190, By}l 01} =3 ) ={§$B{} M
{wﬂl} "

where w,, is the transverse displacement of the middle plane, ¢, and
¢, are rotations of the transverse normal about the x and y axes,
respectively, and u and v are the membrane displacements in the x
and y directions, respectively. The displacement-nodal displacement
relations can be presented in terms of interpolation function matrices,
[Nw]’ [N(ﬁx]’ [Nqby]’ [Nu]v and [Nv] as
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In-plane strains and curvatures, based on von Karman’s

moderately large deflection and first-order shear-deformable plate
theory, are given by [23]
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Fig. 1 Nodal degrees of freedom of a nine-noded rectangular element.
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where {¢};,}, {4}, and z{«} are the membrane linear strain vector, the
membrane nonlinear strain vector, and the bending strain vector,
respectively, whereas the transverse shear strain vector can be

expressed as [23]
){VZ — ¢)C %% } 4
el =ta )+ @

B. Constitutive Equations

For the kth composite lamina impregnated with SMA fibers, the
stress—strain relations can be expressed as [22]

{o"} =10}
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where subscripts m, s mean that the corresponding quantity or matrix
is related to the composite matrix and the SMA fibers, respectively.
The in-plane stress vector, the SMA recovery stress vector at a given
temperature 7, and the transverse shear stress vector are given
by {0}, {0,}, and {7}, respectively. V,, and V are the volume fractions
of the composite matrix and SMA fibers, respectively. In addition,
{a,,}, [Q], and [Q,,] are the thermal expansion coefficient vector of
the composite matrix, the transformed reduced stiffness matrix of
the SMA embedded lamina, and the transformed reduced stiffness
matrix of the composite matrix, respectively. Note that the SMA fiber
is embedded in the same direction of the composite matrix fibers, and
assumed uniformly distributed within each layer. Integrating Eqs. (4)
and (5) over the plate thickness h, the constitutive equation is
obtained as
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C. Aerodynamic Loading

The aerodynamic pressure caused by a supersonic airflow will be
approximated by the first-order quasi-steady piston theory [17],
which is valid for \/2 < M, and shows good accuracy in the range
of /2 <M, <5. The aerodynamic pressure using the first-order
piston theory is expressed as
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where P, is the aerodynamic pressure loading, v is the airflow
velocity on one side of the panel, M, is the Mach number, ¢ is the
dynamic pressure, p and p,, are the panel and air mass densities, g, is
the nondimensional aerodynamic damping, C, is the aerodynamic
damping coefficient, A is the nondimensional dynamic pressure, D
is the first entry in the flexural stiffness matrix D (1, 1) when all the
fibers of the composite layers are aligned in the airflow x direction,
and a is the streamwise panel length.

D. Acoustic Load Simulation

The acoustic excitation is assumed as a stationary white-Gaussian
random pressure with zero mean and uniform magnitude over the
panel surface. Noting that, for the finite element time-domain inte-
gration method presented in this study, there is no limitation on the
random input excitation. It can be stationary or nonstationary and
Gaussian or non-Gaussian, as long as a time history for the random
excitation is available. The cross-spectrum density S, of a truncated
white-Gaussian pressure uniformly distributed over the panel surface
can be given as [14]

_[S,=pl0SP0 0<f<f,
S"_{O, f<O0or f>f, (10)

where S, is a constant, p,, is areference pressure, p, = 20 n Pa, SPL
is sound pressure level in decibels, and f, is the upper cutoff
frequency in hertz. Using MATLAB, the Gaussian random pressure
p(t) with zero mean and power PW is expressed as

p(t) = sqrt(PW) - randn([n, 1]) 11

where randn is the Gaussian random number generation function,
and n is the amount of numbers need to be generated. For numerical
integration, it is equal to the time duration divided by the time step.
The power can be calculated from spectrum density S, and upper
cutoff frequency f, as

PW=S,-f, 12)

The cutoff frequency should be selected so that it does not only cover
the highest natural frequency in the simulation, but also considers
the frequency shifting effect due to the nonlinear large-amplitude
vibration. General speaking, it should be selected as at least twice the
highest linear frequency of the modes included in the simulation.

E. Governing Equations

By using the principle of virtual work and Egs. (3), (4), (7), and (8),
the nonlinear governing equation can be derived as follows:

SW = W,y — SW,o =0 (13)

The internal virtual work §W,,, can be stated as

SWy, = f (86w + €0} IN} + (T IM) + 18y} (R}) dA
— (50)7 (K] — [ke] + [&,] + An1] + n2) (6)
88 (pr) — (p) (14)

where [k], [k;], and [k,] are the linear, thermal, and recovery stress
stiffness matrices, and [n1] and [n2] are the first- and second-order
nonlinear stiffness matrices, respectively. In addition, {p;} and {p,}
are the thermal and recovery load vectors, respectively. On the other
hand, the external virtual work §W,,, can be stated as [13]
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$Wex = L[—L,({(?M}T{ii} + {SvT{U} + {Sw} (b, })
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= —{86}[m]{0} — {86} (g6} — {86} Ala,}(6} + {86} p(r)
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where

h/2
(10712)=/ P(I,Zz)dz
)

with & denoting the plate thickness, [m] as the mass matrix, [g] as the
aerodynamic damping matrix, [a,] as the aerodynamic influence
matrix, and p(t) as the acoustic load modeled as a white-Gaussian
random pressure. By substituting Eqs. (14) and (15) into Eq. (13), the
governing equations of motion can be written as follows:

My O {WB}+ Gy 0 {WB}
o oflw, 0 o]lw,
Ag O Kz O Krp O K,z O
+ A + - +
0 O 0 K, 0O O 0 o0
1| Nywp Nlg, 1| N2z O Wp
Al el e
2| Nl 0 31 0 0 W,
Pg(1) 0 0 P
SRR PO L A B A
0 P mT P mr P m
where subscripts a, B, m, T, and r stand for aerodynamic, bending,
membrane, thermal, and recovery stress, respectively. Note that
neglecting the in-plane inertia term in Eq. (16) will not bring

significant error, because their natural frequencies are 2—3 orders of
magnitude higher than those of bending [13].

III. Solution Procedures
In this section, a time-domain solution is presented for the
nonlinear response of symmetrically laminated shape memory alloy
hybrid composite plates. Separating the membrane and transverse
displacement equations in Eq. (16) results in
MWy} + [GHW i} + (MAp] + [Kp] — [Krg) + [K 5]

+ 3N v (W D] + 3IN2sDAW s} + 3N 15, J{W,,} = {Ps}
an

[Km]{Wm} + %[NlmB]{WB} = {Pm} (18)

From Eq. (18), the in-plane displacement vector {W,,} can be
expressed in terms of the bending displacement vector {W} as

{Wm} = [Km]_] {Pm} - %[Km]_l[NlmB]{WB} = {Wm}o - {Wm}Z
19)
where {W,,}, is a constant, and {W,, }, is quadratically dependent on
{W3}. Thus, the matrix [N1y,,z {W,,})] is evaluated by the algebraic
sum of two components: [NleB({Wm}o)] and [NleB({Wm}Z)]’
which are independent and quadratically dependent on {Wg},
respectively. Substituting Eq. (19) into Eq. (17), the system equations
of motion can be stated as a function of {Wjy} as
MpliW g} + [GsK W3} + (MAus] + [Ks] — [Krp] + [K 5]
+ AN Ly AW D]+ 3IN25D W} + AN 1, J (K, P, )

— K N1, KW}) = {Pg} (20)

It can be shown that [24]

According to Eq. (21), the system equation of motions can be finally
stated as

MWy} + [Gl{Ws} + (MAug] + [Ks] — [Krs] + [K, 5]
+ [N1pp (W, DWW} + (%[NZB] - %[NleB({Wm}Z)]
- %[Nle][Km]_l[N]HIB]){WB} = {PB} (22)

Equation (22) can be numerically integrated in the structural nodal
degrees of freedom. However, this approach turns to be compu-
tationally expensive. Therefore, an alternative and effective solution
procedure is to transform Eq. (22) into modal coordinates using
reduced system normal modes by expressing the system bending
displacement {Wj} as a linear combination of a finite number of
normal mode shapes as

Wt~ Y 0.4¢,} = [PHO} (23)

where the rth normal mode {¢,} and the corresponding natural
frequency w, are obtained from the linear vibration of the system as

o Mplid,} = (KsDid,} 24)

Accordingly, all the matrices in Eq. (22) are transformed into modal
coordinates and it can be written in modal coordinates as

[MBl{O} + [G51{O} + 208, £ IIM 10} + (K] + [K,, {0}
= {Py} 25)

where the modal mass, aerodynamic, and linear stiffness matrices are
given by

([M5). [G]. [K]) = [@] ([Mp]. [Gp]. [Kiin[®] (26)

[Kin] = A[Agp] + [Kp] — [K7p] + [K, 5] + [NLyg({W,3,)] 27)

(ot = @il tpa) =0 { 40 ) e8)

The second-order nonlinear modal stiffness matrix is given by

n

[qu] = [CD]T Z Z QrQs(%[NzB](”) - %[N]NMB({WM}Z)](”)

r=1 s=1

— N1, V(K] N5 [ @] 29)

Note that a modal structural damping matrix 2 [{,.f,] [M] has been
added to Eq. (25) to account for the structural damping effect on the
system [21]. The coefficient ¢, is the modal damping ratio of the rth
mode, whereas f, is the rth natural frequency in hertz.

IV. Numerical Results and Discussions

The nonlinear vibration behavior of a SMAHC panel is inves-
tigated with four parameters in the study: SMA volume fraction V,
temperature rise AT, sound pressure level SPL, and nondimensional
dynamic pressure A. The panel is modeled using an 8 x 8 mesh. A
traditional clamped composite plate and a SMAHC plate with 10%
volume fraction and 3% prestrain are studied and compared. All
panel edges are assumed clamped. Typical values were chosen for the
structural and aerodynamic damping coefficients. A proportional
damping ratio of {,.f, = {,f, is used with a fundamental modal
damping coefficient ¢; equal to 0.02. The aerodynamic damping
coefficient C, is set to 0.1. A uniform temperature elevation is
applied to the plate, and the reference temperature is assumed to be
21°C. A Newmark implicit numerical integration scheme is used to
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Table 1 Material properties of composite matrix and SMA fiber

Nitinol

Graphite-epoxy

See Figs. 1 and 2 for Young’s modulus and recovery stresses

G
p
v

25.6 GPa
6450 Kg/m?
0.3

a 1026 x 1076/°C

El 155 (1 — 6.35 x 10~*T) GPa

E2 8.07 (1 —7.69 x 107*T) GPa

GI12 4.55(1 —1.09 x 1073T) GPa

p 1550 Kg/m?

v 0.22

al  —0.07 x 10-(1 — 0.69 x 10-3T)/°C
@2 30.6 x 1075(1 4 0.28 x 10*T)/°C

solve the system differential equations, and a Newton—Raphson
iteration scheme is adopted to solve the nonlinear algebraic system of
equations at each time step [25]. Modal transformation using nine
normal modes was found giving a converged solution and thus
used, noting that linear normal modes can efficiently express the
panel nonlinear response in panels with all edges clamped [26].
The dimensions of the panel are 0.381 x 0.305 x 0.0013 m with a
stacking sequence [0/ — 45/45/90],. Table 1 presents the material
properties of both the composite matrix and the SMA fibers [22],
while the variation of the modulus of elasticity and recovery stress of
a trained SMA fibers, made from nitinol, are presented in Figs. 2 and
3 [27]. The length of the simulated process is chosen to be 1 s in this
study. The fundamental frequency of the composite panel selected

for this study is about 109 Hz, and the fundamental period is
0.00917 s. Thus, the simulated process covers 109 natural periods of
the panel. It has been shown in previous studies that, for a stationary
response, reasonable statistical properties are obtained from a time
history that contains more than 100 natural periods of the structure
[28]. The linear frequency for the ninth mode (1, 5) is 1629 Hz, and so
the cutoff frequency for this simulation is selected as 2000 Hz, which
is large enough to cover the shifted frequency caused by nonlinear
effects [14].

A. Validation of the Formulation

To validate the present formulation, the flutter limit-cycle
oscillation amplitudes were calculated for an aluminum square panel

s
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T A/ LY
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=y
S /
= 56
5 |
=
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o o [ 0
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Fig. 2 Modulus of elasticity variation with temperature for a trained nitinol fiber.
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Fig. 3 Nitinol recovery stress as a function of both temperature and prestrain percentage.
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at different values of the nondimensional dynamic pressure A. The
panel dimensions are 0.305 x 0.305 x 0.00127 m with all edges
simply supported. The aerodynamic damping coefficient C, is set to
0.1. Nine normal modes were used with a time step for numerical
integration equal to 1/10000 s. It is seen in Fig. 4 that the flutter
limit-cycle amplitudes predicted using the current finite element
model are in a good agreement with those of Dowell [29].

B. Nonlinear Vibration Behavior

To assess the sensitivity of the flutter behavior to boundary
conditions, Fig. 5 illustrates the flutter oscillations of a panel at

A = 700 and having all edges simply supported or clamped. It is seen
in the figure that the support condition has a noticeable effect on the
flutter amplitudes, through having lower amplitudes in the case of
clamped boundaries compared to the simply supported case.
Moreover, no change has been depicted in the flutter type, because
both panels show nearly harmonic oscillations. The effect of the
aerodynamic damping on the flutter motion is investigated in Fig. 6.
The flutter oscillations and phase plots for a simply supported
composite panel at A = 700, Ca = 0, 0.05, and 0.1, AT = 0°C, and
SPL =0 dB are presented. In the absence of the aerodynamic
damping, that is, Ca = 0, the panel is seen to experience chaotic
flutter motion. By increasing the value of Ca up to 0.05, the panel

1.4 T T

---# - Dowell [29]
—— Present work

0.8 |

0.6 -

0.4

Limit Cycle Amplitude / Thickness

0 1 1

1 1 1

500 550 600

650

700 750 800

Nondimensional Dynamic Pressure A

Fig. 4 Comparison of limit-cycle oscillation amplitudes between Dowell [29] and the current formulation for a simply supported aluminum square

panel.
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2
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3
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3 . . .
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Fig. 5 Comparison of limit-cycle oscillation amplitudes between simply supported and clamped composite panels at A = 700 and Ca = 0.1.
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Fig. 6 Effect of aerodynamic damping coefficient Ca on the flutter behavior of a simply supported composite panel at A = 700.

shows nearly harmonic limit-cycle oscillations as depicted in the
phase plots. In addition, a very small change in the amplitude is found
by raising the damping value up to 0.1.

Time history responses and phase plots of the composite panel at
A =0, SPL = 110 dB, and temperature rises AT = 0, 50, 100, and
150°C are presented in Figs. 7 and 8. At room temperature, the panel
is seen to randomly vibrate with deflections rms = 0.727. For
AT = 50°C, which is beyond the critical buckling temperature AT,
of this panel [22], the nonlinear stiffness added to the panel due to
thermal postbuckling deflection led to small amplitude vibrations
about one of the postbuckling equilibrium deflections. Moreover, the
panel shows intermittent snap-through motions between the two
thermal buckling equilibrium positions. Occurrence of the snap-
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through motion is resisted by the nonlinear stiffness added to the
panel due to the increased thermal deflection at AT = 100°C,
resulting in smaller number of snap-through motions. At AT=
150°C, the snap-through motion is seen to be completely hindered,
and the plate shows smaller vibration amplitudes about one of
the thermal buckling equilibrium positions. Because the SMAHC
panel remains flat up to a temperature rise of AT = 100°C, it can be
observed in Fig. 9 that the panel exhibits moderate deflection random
vibration for the temperature rises while having higher vibration
amplitudes at AT = 50 and 100°C than those of the composite panel.
At a temperature rise of 150°C, which is beyond the critical buckling
temperature of the SMAHC panel [22], it is seen that the panel
experiences a persistent snap-through which covers both thermal
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Fig. 7 Time history response of the composite panel at SPL = 110 dB, > = 0, and at different temperature rises AT.



IBRAHIM ET AL. 1551

Velocity (rs)
o

Velocity (ois)
o

4
Wroax f h

Velocity {m/s)
o

-2
3 .
-4 2 u] 2 4
Winax f h
5
A= 150
£
£ 0
3
=
5 . . \
-4 -2 ] 2 4
Wraax fh

Fig. 8 Phase plots of the composite panel at SPL = 110 dB, A = 0, and at different temperature rises AT.

buckling equilibrium positions because the nonlinear stiffness has
not yet compensated the critically lowered stiffness due temperature
rise. It is also observed that the SMAHC panel has almost the same
rms deflections at AT = 50 and 100°C, because the SMA recovery
stresses compensate the adverse effect of the thermal stresses in this
temperature range. Therefore, it becomes a matter of compromise
between having a thermally buckled panel with smaller vibration
amplitudes, which affects the aerodynamic performance, and having
a flat panel with higher vibration amplitudes, which affects the
fatigue life performance of the panel.

To study the effect of having an airflow along with a random
acoustic pressure, Fig. 10 illustrates the nonlinear vibration behavior
of a composite panel with A =400 and SPL = 110 dB. At room
temperature, the presence of airflow is found to have a noticeable
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Fig. 9 Time history response of the SMAHC panel at SPL = 110 dB, A = 0, and at different temperature rises AT

effect on the composite panel stiffness through highly decreasing the
deflection rms value compared with the A = 0 case presented in
Fig. 7. At a temperature rise value of 50°C, the A =400 value
exceeds the critical flutter value. Therefore, the panel shows nearly
harmonic limit-cycle oscillations which totally dominate the acoustic
random excitation. Because of the interaction between the aero-
dynamic flow and the nonlinear stiffness added to the plate due to
the higher thermal postbuckling deflections at AT = 100 and 150°C,
the panel is seen to have chaotic limit-cycle oscillations which can
add complexity to the fatigue life analysis. For the SMAHC panel
presented in Fig. 11, the tension field generated by the constrained
shape recovery process of the SMA fiber embeddings compensate
the reduced stiffness of the panel due to thermal stresses at AT = 50
and 100°C, resulting in a critical flutter value higher than the A = 400
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Fig. 10 Time history response of the composite panel at SPL = 110 dB, A = 400, and at different temperature rises AT.

value. Therefore, the airflow is found to add more stiffness to the
panel, resulting in very small vibration amplitudes at these tem-
peratures compared to the flutter motion illustrated in Fig. 10. In
addition, due to the low panel stiftness in the vicinity of the critical
buckling temperature rise, the SMAHC panel is seen to have higher
deflection rms at AT = 150°C than that of AT = 100°C.

At room temperature, increasing the value of A up to 700 is found
not to add more stiffness to the composite panel shown Fig. 12,
because the critical nondimensional dynamic pressure value has
been exceeded and the panel experiences flutter instability. But, the
interaction between acoustic pressure and the flutter motion lead
to a chaotic response with a lower deflection rms than that of Fig. 7.
At higher temperatures, the aerodynamic instability is seen to
dominate the response showing near values of the flutter limit-cycle
oscillation amplitudes, whereas the vibration becomes more chaotic
with increasing temperature due to the interaction of the nonlinear
stiffness added by the increased thermal postbuckling deflection.
For the SMAHC panel presented in Fig. 13, no noticeable change is
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found at room temperature compared to the composite panel as
the SMA fibers are not activated yet. But at higher temperatures, a
pronounced enhancement in the response is found through having
very small deflection rms values compared with those of the
composite panel presented in Fig. 12.

The effect of increasing the SPL from 110 up to 130 dB at A = 700
is presented in Figs. 14 and 15. At room temperature, it is seen in
Fig. 14 that the value of the deflection rms of the composite panel
increased from 0.548 up to 1.2 by increasing the sound pressure. At
higher temperatures, it is found that the random acoustic response
completely dominates the flutter motion, resulting in a much lower
deflection rms values than those of Fig. 12. Moreover, the panel
shows a persistent snap-through motion which covers both buckling
equilibrium positions, because the higher acoustic pressure can
overcome the nonlinear stiffness added to the panel by thermal
deflections. Although, the SMAHC panel presented in Fig. 15 still
shows a better performance through having a lower deflection rms
values compared to those of the composite panel.
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Fig. 11 Time history response of the SMAHC panel at SPL = 110 dB, A = 400, and at different temperature rises AT.
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Fig. 13 Time history response of the SMAHC panel at SPL. = 110 dB, A = 700, and at different temperature rises AT.
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Fig. 15 Time history response of the SMAHC panel at SPL = 130 dB, A = 700, and at different temperature rises AT.

V. Conclusions

A time-domain solution was presented for the supersonic
nonlinear vibration behavior of clamped SMAHC panels under
combined aerodynamic, thermal, and random acoustic loads. A non-
linear finite element model was provided based on the first-order
shear plate theory with von Kdrmédn geometric nonlinearity and the
principle of virtual work. The constrained shape recovery feature of
SMA fibers is used to control the dynamic response of composite
panels at elevated temperatures. Nonlinear temperature-dependence
of material properties was considered in the formulation. Newton—
Raphson iteration is employed to obtain the dynamic response at
each time step of the Newmark numerical integration scheme. A
solution procedure using modal transformation is developed for the
time-domain method.

It is concluded that studying the interaction of the acoustic
pressure and the aerodynamic flow at elevated temperatures is very
important, whereas overlooking their simultaneous action can affect
the accuracy of fatigue life determination. Results also demonstrated
the importance of SMA fiber embeddings in controlling the dynamic
response at elevated temperatures and high random acoustic exci-
tations through postponing the occurrence of flutter along with
decreasing the vibration amplitudes. However, at certain loading
conditions, it turns out to be a matter of compromise between
having a thermally buckled composite panel with smaller vibration
amplitudes, which affects the aerodynamic performance, and having
a flat SMAHC panel with higher vibration amplitudes, which affects
the fatigue life performance of the panel.
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